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ANALYSIS OF FACTORS AFFECTING SELECTION AND DESIGN OF AIR-COQLED
SINGLE-STAGE TURBINES FOR TURBOJET ENGINES
IT - ANALYTICAL TECHNIQUES

By Richard J. Rossbach

SUMMARY

In order to obtain a better understanding of the potential air-
cooled turbojet-engine performance, studies are reguired to investigate
both the engine-performance capabilities and the effect of losses asso-
clated wilth turbine air-cooling on engine performance. This report
presents computatlional methods for analyzing turbojet-engine performance
for a series of eir-cooled nonafterburning and afterburning engines
where all the engine components are slmultaneocusly aerodynamically lim-
ited. The coolant-flow ratio was arbitrarily assigned so that the re-
sults of the analysis can be applied to any specific alr-cooled blade
configuration. The work required to compress the cooling air, the drag
of the cooling air upon the turblne, the losses which occur when the
cooling air and the combustion gases mix downstream of the turbine, and
losses in the combustor end afterburner are teken into account. Tech-
niques are 8lso presented for determining the relabtive frontal areas-of
the varlous engine components.

INTRODUCTION

The design and performance of the turbojet engine are, to a great
degree, controlled by the turbine component, which in conventional engines
limits the turbine-iniet temperature and in many caees the mass weight-
flow capacity due to stress-limited turblne annulus area. By use of
turblne cooling, the blade temperature and blade strength can be con-
trolled independent of the turbine-inlet temperature, with the result
that greater ranges in turbine and engine operatlion are possible. In
order to explore the range of engine operation thet can be made possible
through use of turbine cooling, anelytical techniques are developed
herein to determine the design performance of single-stage alr-cooled
turbines operating over wide ranges of -turbine design specifications.
This turbine performance is then used tc evaluate potential engine design
performance for both nonafterburning and afterburning engines.
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Previous analytical studies on the engine performance obteinable
by utilizing turbine cooling are cited in reference 1, and the effect of
air-cooling on performence of existing engines is reported in refer-
ences 2 and 3. In all previous investigations, however, no considera-
tion was glven to the beneficlal effects of higher turblne-inlet temper-
atures and turbine-blede stresses on the turbine work and englne weight-
flow capacity. A recent publicetion (ref. 4) provides a simplified
procedure for determining the turbine specific work for a given combina-
tion of the turbine design specifications (i.e., turbine-inlet tempera-
ture, turbine-blade tip speed, and turbine-blade hub-tip radius ratio).
With this procedure, it 1s possible to analyze within a reasonable length
of time a large number of turbines, as would be required for evaluating
the deslgn performances of turbojet engines over wide ranges of design
conditions. In addition, recent component research permlts good esti-
mates of the component efficiencles and serodynamic limits as needed for
accurate evaluation of component losses and weight-flow capacity. There-
fore, 8 series of investigations has been undertaken by the NACA Lewis
laboratory t0 determine the design performances of turbojet engines over
a wide range of opereting conditions; these investlgations employ an
serothermodynamic analysis which uses the maximum obtainagble turbine
work withlin established design limitations and relates the epngine welght
flow to the weight-flow capacity of the engine components. The turbine
deslgn specifications are utlilized as the independent varisables, since )
along with the component aerodynamic limits and efficiencies they ade-
quately specify the turbine-cooling requirements as well as the require- .
ments necessary for computlng the engine performance. The analysis
permits computation of values of the engine specific welght flows and
compressor pressure ratlios which are compatible and assures realilstic
turbine deslgns and compareble engines.

3308

The first part of this investigatlon 1ls reported in reference 1,
which presents the turbine design performasnce (in terms of the obtainable
compressor pressure ratio and turbine weight flow) and the engine welght-
flow capacity for nonafterburning and afterburning engines equipped with
alr-cooled single-stage turbines and operating with high camponent aero-
dynemic limits. The purpose of the present report is to present the
analytical techniques required to obtain the turbine design performance,
engine welght-flow capaclty, and over-all engine design performance. In
the interest of providing results sulteble for any specific air-cooled
blade configuration, the analytical techniques are set up to employ &
range of cooling air flow rather than the cooling air flow required for
a single air-cooled blade configuration. The analysis alsoc permite the
determination of all stagnation temperatures and pressures within the
engine and the ratio of all component frontal areas.
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ASSUMPTIONS
The following assumptions were made to facilitate the ansalysis:

(1) Inasmuch as the condition of simplified radisal equllibrium was
imposed upon the turbines of reference 4 and was suggested in refer-
ence 5 as a means of cobtaining the first approximation to the conditions
in a compressor, this conditlion was imposed upon the analysis of the
turbine and the inlet to the compressor.

( (23 The turbine was analyzed on the basis of free-vortex blading
ref. 4).

(3) Solid-body-rotation guide vanes were employed in the analysis
of the compressor inlet.

{(4) The density at the mean radial position was employed for com-
puting the weight flow through the turbine (ref. 4) and the compressor
inlet.

(5) The stagnation temperature was considered invariant with the
redisl position at the entrances to the turbine (ref. 4) and the
COMpressor.

(6) The hub, mean, and tip radii at the turbine exit were considered
equal to the respective values at the entrance to the turbine (ref. 4).

(7) A constant value of 4/3 for the ratlo of specific heate was
employed in the analysis of the combustor and turbine (ref. 4).

(8) The analysis was made on the basls of adiabatic flow through
the turbine.

(9) The work done by the turbine upon the cooling air between the
compressor entrance and the tips of the turbine blades was considered
equivalent to the work required to compress the cooling air to the
compresgsor-discharge stagnation temperature.

(10) The mechanicsal friction and the work required by accessories
were considered to be negligible in the analysis of the turbine.

(11) The pressure head sssociated with the tengential component of
the turbine absolute efflux velocity was considered to be dissipated by
the struts which secure the tail cone, and the loss was charged to the

adiabgatic effliciency.

(12) Upon the basls of some unpublished data cobtained by the NACA
and the results presented in reference 6, the efflux of the cooling air
from the tips of the turbine blades was considered not to affect the
turbine specific work or adisbatic efficiency.
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(13) The pressure ratio of the combustor was varied with the inlet
Mach number and the temperature ratio according to the experimental
loss characteristics of the typlcal low-loss turbojet combustor studied
in reference 7.

(14) The combustion gases and the cooling air were considered to
enter the zone in which mixing occurred downstream of the turbine at the
seme static pressure.

(15) The flow area in the mixing zone for the turbine exhaust gases
and the cooling glr was considered constant.

(18) As in reference 8, the afterburner was considered to have a
constant-area combustion section.

(17), In the afterburner, the friction and flame-holder losses were
agssumed to be given by a constant times the inlet dynamic head as in
reference 8.

(18) In computing the thrust, complete expansion to the ambient
pressure was assumed, because, as shown in reference 9, such an expansion
results in the meximum thrust at the flight Mach numbers of 2 and
higher.

In the figures presented herein, as well as in reference 1, the
followlng values of the constants were employed:

B = 5.5
E = 4.5
G = 3.0
Mp,2,t = 1-1

Mg,5,n = 0:8

I
Bob L o.os
T} = 708° R

v
T62m 6.
&2

3308
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The symbols used in this report are defined in the sppendix, and
the schematic diagrams of the nonafterburning and afterburning engines
are presented in figure 1.

ANALYTTICATL TECHNIQUES

The independent varisbles chosen for this analysis are the turbine
design specifications: turbine-inlet temperature, tip speed, the hub-
tip radius ratio of the turbine, and arbitrary values of the coolant-
flow retio. The employment of the latter varlable facilitates special-
izing the results to any cooled-blade configuration. In order to relate
the engine design performance to the turbine design specificstions and
the coolant-flow ratio, it is necessary to impose aerodynamic limits
upon each of the engine components in addition to and commensurate with
its respective efficiency.

The performance analysis is initiated with the turbine component;
thls component limits the output of the engine through the control it
exercises over the welght flow of the engine and the pressgure ratio of
the compressor. Both the weight flow and the compressor pressure ratio
determined are the maximum values obtainable from a single-stage, air-
cooled turbine having the values of the serodynamic limits assigned.
The attainment of high compressor pressure ratio and engine weight flow
are empheasized in this anslysis so that the highest engine performence
is attained for the least value of coolanbt-flow ratio.

Compressor pressure ratlio. - The compressor pressure ratio for a
glven compressor-iniet temperature and adlabatlic efficiency depends upon
the turbine specific work. In reference 4 (eq. (El)), the turbine spe-
cific work 1s expressed in the form of Euler's turbine equation as

JA Yy 5.4 Vu,6,t (1)

- =
& U% Uy, Uy

The value of the exit whirl can be conveniently specified by the ratio
of whirl component of velocity to wheel speed Vu,6 ,i/Uj_ at the radisl
position at which the product of whirl-energy loss per pound and total
weight flow expressges the total whirl loss. TUpon lntegrating the whirl-
energy loss over the blade height, it can be shown that the value of
Vu,6,t/Ut used in eguation (1) is related to Vu,6,1/Ui Dby the

expression
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o e .
Yu,6,6 _ Vu,6,1 (ﬁ) _ Vu,6,1 Ty (2)
%
2

It can be shown that Vu,s,t/Ut’ as required in equation (1), is gilven

by the functional relstlon ' 8
0
)
v v v Up T
u.!sz't - fn& Xx,6 u,6,t t h (3)
2 # 2 3 2 2 %7
Uy R,5,0’ T’ T oE M T

where Mg 5 and Vy g/af are the turbine aerodynamic limits. Charts
for solving eguation (é) for Vu,s,t/ag" 0 are presented in refer-
erence 4. Since Vu,s’t/ag has & small effect on the value of
Vy,5,t/Ut for serodynamically limited turbine designs (ref. 4), the

chart of reference 4 can be employed to solve for Vy 5 /Uy if

Vu,s,t/ag is sssumed to be zero.

Vu,s,t/Ut: were used to obtain figure 2 and to determine the’%drbine

The followlng equatlions, which employ the values of Vu,% t/Ut and
temperature ratio: _

2 -1
jig U v v
T = [l + 2(r+l (‘é.g) Q A VA (4)
U U. T
t +
FNT ®

Equation (4) was obtailned from equation (1) and the energy equation in
terms of turbilne-inlet and -exit temperature. Since

a* zrgRTi
4 T+l

figure 2 was employed to obtaln a unique value of T} for each set of
values of Tj, Uy, and rh/rt. The turblne speclific work was then
obtained from

AhTtg'J_RFt_(Ti-Té) (6)
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The work and weight-flow balances on the compressor and turblne
lead to

'Ahé
(L -0 Ah,i = '(_1'+—f'];)' (71

The right side of equation (7) can be expressed as a function of the
compressor pressure ratio and the turbine-inlet temperature by means of
the chearts and methods of reference 10. The left side of equation (7)
1s plotted asgalnst the compressor pressure ratio with the turbine-inlet
temperature as a parameter in figure 3. Byproducts of these calculsa-
tions are the compressor-outlet temperature end the combustor fuel-air
ratio, which are presented in figures 4 and 5, respectively. Since the
turbine specific work is given by equation (6), the compressor pressure
ratlo, the compressor-outlet temperature, and the fuel-air ratio can be
obtained from figures 3 to 5 for an assigned velue of the coolant-flow
ratio.

Compressor specific weight flow. - The compressor specific weight
flow 1s computed from the following form of the continuity equation:

1
=
W)\/e— . 2r.g VX, 'm Yo-1 [V rhz
% oo ) s - 22 ()| - @

The solution of equation (8) depends upon the Ffollowing equations devel-
oped from the condition of simplified radial equilibrium (assumption (1)),
the condition of solid-body rotation (assumption (3)), and the condition
of constant-energy flow:

) -G G e
) - & P\ ‘9’

a 2 2 2
v V. T, v
X,2,m 2,%t m u,2,t
iz L (Tge) . ZQ—)J (B9 (20
2 2 t 2
Other equations required for the solution of equatlon (8) are the
following: '
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e )+ C) - ()

* &)

and
Tl V2t2
() - - (&Y 2
1/2
V. - K ”E'
'%#E“‘: = = e (13)
in which
U, V@ oyl
R )
Ky = 7 -
Lo one0?]  [- el + 5 One,v?]
(14)
and
U, ¥ oyl 2 u, ¢
K?:) "_Z—(MRZt) KXZh) Qaé)
2 2
Kz =

N &
peR om0 [o-o2) b5t om0
(15)

The preceding equations were obtalned from the application of the
Pythagorean theorem to the hub velocity-vector disgram and the law of

- cosines to the tip veloclty-vector disgram, the definition of the inlet
relative Mach number at the hub, the condition of solid-body rotation,
and the expression for the spanwise absolute inlet veloclty distribution.
In the solution of the equetions for the compressor specific weight flow,
values are assigned for the rotor-inlet tip relative Mach number, the
inlet axlal critical velocity ratio, and the compressor hub-tip radius
ratio.

3308
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Degree of reactlon. - A static-pressure rise through a turbine
rotor (negative reaction) at any spanwise position is likely to cause
flow separation. In the case of a free-vortex turbine design, the re-
action decreases from tip to hub. In reference 4, 1t 1s pointed out
that for a real turbine, that is, for one having losses, a condition
which 1is slightly more conservatlve than g limit of zerc reaction 1s the
condition in which the megnitude of the relstive velocity at the hub is
at least as large at the exit as at the entrance. The following equa-
tion, which conteins the conditions of a limited inlet relative hub Mach
number and zero change In the magnitude of the relative veloclty across
the hub of the rotor, permits the determination of the lowest value of
Ut/a'g for a given set of turbline design specifications for which the

reaction at the hub is positive:
Y25 h)J}

@‘" _ {8t o0 00° -G [
6Ws,n C_:){[l+ -1(MRSh):Ku6h ) r-1 (MR,S,h)z}

Ws h
(16)

Equation (16) was employed to plot the dashed line in figure 2.

Turbine-limited speclific weight flow. - The turbine weight flow per
unit turbine frontal area is determined st the turbine exit £rom the
continuity equation in the form

L
-1
1% 3¥* 2 s 2
T 26% (Txe 5) [1 vt (Vx 6/ ):I [1_@2)] (17)
Ap  RT} ag T+L \sin %8, m Iy
in which
2 2 2
sin G m = tan cr,s,m/(l + tan G'G,m) (18)
and
&Vx s Ug 1+ rh/r.t a.'g) (19)
tan q = =5 T 13
6,m % Vue,t 2 U

In order to solve equation (17), the assigned value of the exit axisl
critical velocity ratio is employed and all the component pressure
ratios from the inlet diffuser through the turbine must be determlned.
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The inlet diffuser pressure ratio, resulting from the isentropic rela-
tion and the definition of the ram recovery, is given by

T

1
p} -1 \=
'P— = Tg L+ 5 ME (20)

In equation (20), the flight condition and the ram recovery are assigned.
The compressor pressure ratio is determined from figure 3.

In order to obtain the combustor pressure ratio for the case in

which the combustor reference veloclty (combustor weight flow divided by
the product of the largest cross section and the combustor-inlet density)
is limited, the momentum and continulty relations must be solved simul-
taneously. The useful form of the momentum equation is given by

- Dk a)

Employing WT/AT as glven by equation (17) results in the following
useful form of the continuity equation:

o

2
v 2 m
B 4
T o (21)
3

2l
lw

I-3
BIE

1
T )
L. x-1 (Gz ) Vp ]
t - T 1
Dy 2 \reR/ Tz Tz
o7 = WA Tre ’ (22)
3 I el __i_x —f
L T+l ag ) 8s
y,
in which
L
T B o

] D T )
: 1 l
5. LOTER 2= T+v (23)
sy =t
P, L- . T+l Sin G

6,m’ _|

In figure 6, equations (21) and (22) are plotted with the same ordinate
and abscissa. The empirical constante B and E in equation (21) were
obtained from the pressure-drop data on the typlecal low-loss combustor
studied in reference 7. Values of 3.0 and 0.25 were assigned to the

combustor-~-inlet diffuser-area ratioc G and the combustor-inner- toc the
turbine~tip~radius ratio, respectively.

3308
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The combustor temperature ratio T&/Té, which is used as a param-

eter in figure 6, is computed from the specified turbine-inlet tempera-
ture and the compressor-outlet temperature. Therefore, in order to
evaluate the combustor pressure ratio p4/p5 from figure 6, either

Vp2/T or S must also be known. If elther VBZ/T’ or S8 is knowm,
& point is fixed on figure 6 and, therefore, both VBZ/T:g and S as

well as the combustor pressure rgtlo are fixed. In the event that the
combustor velocity must be limited and the combustor frontal area must
be at least as large as the turblne frontel area to minimize pressure
losses, the following procedure for using figure 6 1s suggested: (1)
Evaluate 8 with the combustor and fturbine frontal arees assumed equal
B t/rt = 1.0). (2) From this value of S and combustor temperature
ratio T:/T1, determine V. 2/T' and p4/p3 from figure 6. (3) Compute
VB from this value of VBE/Tg and from the value of the compressor-
outlet temperature Ti. (4) If the computed value of Vi 1s equal to

or less than the limiting values, use the corresponding value of Pi/Pé'
If the computed value of VB 1s greater than the limiting value, com-
pute VBZ/Té for the limiting value and use this VBZ/T% along with

1 1 1 1
T4/T3 to determine S and__p4/ps.

The turbine pressure ratio is determined from the energy equetion
written across the turbine and corrected for exit whirl. The correctlon
is required because the adigbstic efficlency is charged with the pressure
head assoclated with the tangentisl component of the efflux veloelty
(assumption (11)). The equetion from which the turbine stagnation-
pressure ratio is obtained is

T
p! 71 - qi]f L X
614 __6 + oL ——L— (1 - eac? C ) r-1
P T * ¥EL )

(24)

Finally, the turbine-limited specific weight flow is computed from the

followlng equation:
'W'C ﬂ’ /\/92/52
AT T+ 5 (1 - O (25)

Coolant and combustion gas mixing. - After the pressure head asso-
ciated with the tangential component of the turbine efflux veloecity 1s
dissipated by the tail-cone struts (assumption (11)), the combustion gas
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and the coolant enter the constant-area mixing zone (assumption (15)}).
The critical velocity ratio of the combustion gas as it enters the mix-
ing zone can be determined from the continulty reletion in the form

5 ?igi RIS Vi
I_:i v v 3 pia¥ A,
- r;+l <§%> <3%> [1 i Z;%>€T (26)

and from f1 e 7, in which the left side of equation {(26) is plotted
against V7?a§. The uncorrected turbine specific welght flow from

equation (17) is used in the solution of equation (26). Because the

pressure head due to whirl i1s dissipated between stations 6 and 7 with-
1 1 1] 1 1

out any energy change, T7 = Ts and Py = px’s. To evaluate Px,s’

the following expression for the turblne pressure ratio is used:

Y

r-1
p! mr _ mt
X.z6= 1 _( 4 6 (27)
g T
Py A

The specific heat ratic employed in the solution of equation (28) corre-
sponds to fp and T§. The mixture temperature is obtained from the

charts of reference 10 and from the heat balance scross the mixing zone
in the form

e o (L -o)(1 + fB) hi + Chy

8 T+ (1 - 0)fg (28)

The values of enthalpy required in equation (28) can be determined from
the charts of reference 10, the state conditions, and fuel-alr ratio.

In order to determine the pressure ratlc across the mixing zone, it
1s necessary to solve the momentum balance and the energy balance across
the mixing zone simultaneously. State conditlons of the coolant before
mlxing are unknown because they depend upon the cooled-blade configura-
tlon; therefore, this solution involves some approximations. However,
since calculations indicated that the mixing-zone pressure ratio does
not very more than 6 percent from unity, no large error is involved.
After these gpproximations have been made, the momentum and energy
relations for the mixlng zone take the form

3308
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1 1
Y7- Yg-1
. _ 2 2 ) 2 2
Ps_|, _T1 1 (;) - <V7) L .Ts 1 (Va) L. (Va)
il Rl = r\=F =
Ps L 7 7 Tgtl\=3 &3
1 (29)
Tg-1
, 2] >
P8 _ |, LAt (V7> % s) (Vs) ;
=~ - ¥F 11 =3 =3
7 T,+L Eg +1 aB a5
(30)

The simultanecus solution of the preceding equabtlions results in an ex-
pression for the critiecal veloclity ratio after mixing in the form

Vv
B- 2, VE 1 (5)

in which
¥* 5
za=%§§<;.z+§) (32)
7\'7 %

The mixture fuel-alr ratio is needed for the preced:.ng calculatlon and
is given by

fm = (1 - C)fB (33)
The mixing-zone pressure ratio is then obtained by solving equation (29).

The value of the specific-heat ratioc of the mixture corresponds to

Afterburner. - The combustion gas must first be diffused to an
afterburner—inlet velocity which permits efficlent combusgtion. The pres-
sure ratio across the afterburner diffuser 1s given by

Tg
-1
Yol Vg 2 Vyn 2|\ Ts
S il g (l-ﬂn)(ar +Tm(a*—)
- 8 8 9 (34)
Pg ) Tg-1 [Vp\2
T\
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which 1s obtained from the definition of the afterburner diffuser effi-

ciency. The afterburner pressure ratlo depends upon the afterburner- -
exit critical velocity ratio. On the basis of a constant-ares combus-

tion sectlon (assumption (16)) and upon a flame-holder and friction drag

loss given by a constant times the inlet dynamic head, the afterburner-

exit critical veloclity ratio can be obtalined from the simultaneocus

solution of the continuity and momentum relations written across the

combustion zone. The solution for the exit critical velocity ratio

takes the form g
V10 A z
810

in which

I ]
1% LF Ta(l Cp) (Vyp Tgtl ¥i5 Tg
Zl = -2— 7 + T T +1 T (36)
o AB a3 8 Tio 10

In the solution of equation (36), the drag coefficient, the afterburner-
Inlet velocity, and the afterburner-cutlet temperature are assigned.

The pressure ratio across the afterburner combustion zone is then ob-
tained from the momentum equation in the form

i
T -1y V _\2 el Y C V. _\& '
1l - __.i— AB L+ 11 - .—3_2 AB
p! r +L/\ % ¥ +1L/\ &%
10 L 8 9 8 9
5 = T B (37)
_ o 10
g v 2] L (F)
1 (’Eo )( 10 | 10 |
v. +1 J\a¥
| 10 10

In the precedling equation, the value of the specific-heat ratio at the
exit (station 10) corresponds to the afterburner-exit temperature and
the afterburner fuel-alr ratioc given by equation (20) of reference 10.

Cooled-engine performance. - Since the complete expansion of the
combustion gas is called for by assumption (18), the wunit thrust for
elther the nonafterburning or the afterburning engine is given by

w.l (1l + £)V Voo
-y

For the nonafterburning engine,
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V5 = af2gdny(B4 - hyy) (39)

T o= £y (40)
whereas for the afterburning engine,

Vy= ’\[ZSJTln(h]’_O - by) ‘ (41)

The values of h_lo and hll can be obtalned from the charts of refer-

ence 10 corresponding to the pertinent state conditlions. The value of
hy is given by equation (28).
The thrust specific fuel consumption is given by
3600Lw,/
F/Am

in which £ 1s obtained from either equation (40) or (42), depending on
vhether F/Ap is for the nonafterburning or the afterburning engine.

(43)

Relstive component frontal areas. - It ie desirdble to compare the
frontal areas of the several components wilth the frontal area of the
turbine where the engline weight flow is considered limited herein. The
ratio of the inlet diffuser frontal area to the turbine frontal area for
supersonic £light Mach numbers is glven by the following identity:

)/ QAlaz (4e)

in which the following equations, obtained from the weight-flow balaunce
on compressor and turbine and the continuity relation, respectively, are

required: _
c'\/_ Wip A®2/% (25)
_ATa'_ ZT" T+ ({1 -7C)

and
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o 6 PM AT, &/RT,
5, Yoo 1L
A, Ty
v -1 )2 T -1

(46)

'qu+——2 M,

In the case of the compressor, the following two self-evident relastions
may be employed in conjunction with equation (8) to determine graphilcal-
ly the ratio of the compressor to the turbine frontal areas:

A (U_gii)z (47)

(48)

The previous two equations were employed to plot figure 8, from which
the ratioc of the compressor to turbine frontal ares can be obtalned for
8 given turbine tip speed and turbine-limited specific welght flow. In
the case of the combustor and the afterburner, the followlng respective
equations derived from the corntinulty relation give the ratio of elther
the combustor or afterburner frontal area to that of the turbine:

w RT‘
2
e A e
v I
e
;AB _ (1 + £ap)we/Ap _ (50)

2 ra-l

(1) ()

CONCLUDING REMARKS

The relations have been presented from which the design-point per-
formance of both nonafterburning and aefterburning turbojet engines

3308
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having air-cooled turbines mey be determined. In the development, the
engine design performance was related to the turbine desgign specifica-
tions of & single-stege turbine in order that the same turbine specifi-
cations may be employed to compute the coolant requirements of any
cooled-blade configuration. In order to relate the engine performance
to the turbine design variables, the specific weight flow and specific
work of the turbine were limited by assigning values to certain turbine
aerodynamic limits. In addition, in order that the analysis apply to a
geries of comparasble engines, the performance of the several components
was also flxed by asslgning values to component aerodynamic limits. In
the analysls, the coolant-flow ratlo was arbitrarily assligned so that
the results zpply to the use of any sir-cooled blade configuration. For
the aerodynamically limited turbines, the coolant flow reduces the
obtaingble compressor pressure ratio, as well as causes losses in stag-
nation tempersture and pressure, in mixing with the combustion gas
downstream of the turbine. Al]l these effects are accounted for in the
analysis.

Lewls Flight Propulsion Laboratory
Wational Adyisory Commlttee for Aeronautics
Cleveland, Ohio, April 21, 1954
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APPENDIX - SYMBOLS
The following symbols axre used in this report:

frontal area, sq ft

critical velocity of sound, 4/$£T gRT!, ft/sec

experimental constent in eg. (21)

coolant-flow ratio (ratio of coolant weight flow to compressor
welght flow)

drag coefficient

experimental consteant in eq. (21)
thrust, 1b

fuel-alr ratio

function

ratio of maximum combustor-inlet flow area to compressor-
outlet flow area

accelerstion due to gravity, f'l;/sec2
static enthalpy, Btu/lb

stegnation enthalpy, Btu/lb

mechanical equivalent of heat, £t-1b/Btu

constant defined by eq. (14)
constant defined by eq. (15)

Mach number

NACA standard atmospheric pressure at ses level, 2116 1lb/sq £t

ambient free-stream pressure, 1b/sq ft

3308
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stagnation pressure, l'b/ sqg Tt

gbsolute stagnation pressure based on axial wveloclity component,
1b/sq £t

ges constant, £t-1b/(1b) (°R}

redius, ft

sec A°R
t

parameter defined by eq. (23), —F¢ —

thrust specific fuel consumption, (1b/hr)/1lb

NACA standerd atmospheric temperature at ses level, 518.4 °R

stagnation temperature, °R
blade speed, ft/sec
sbsolute velocity, ft/sec

afterburner-iniet velocity, ft/sec

corbustor reference velocity, defined as velocity required
for combustor to pass its weight flow through the largest
flow area at inlet density, ft/sec

tangential component of absolute velocity, ft/sec
exial component of ebsolute velocity, ft/sec

velocity relative to rotor, ft/sec
welght flow, 1b/sec

parameter defined by eq. (32)
parameter defined by eq. (36)

angle between tangential direction and sbsclute efflux
velocity of turbine, deg
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without subscript 4/3 , ratio of specific heat; with subscript,
g function of local stagnation temperature and fuel-air ratio

specific compressor work, Btu/lb
specific turbine work, Btu/lb

ratio of stagnation to standard pressure, p'/po

adigbatic efficiency

dffuser efficlency

nozzle efficiency

Iram recovery

ratio of stegnation to standard temperature, T'/Tb

Subscripts:

AB

B

H W& B 2 o

ct

afterburner
combustor
compressor

hub or inner radius (refers to turbine hub when used alone as
subscript)

inlet diffuser

integrated mean

Jet

mixture

mesn radial position

relative (except when used with 1)
turbine

tip (refers to turbine tip when used slone as subscript)
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1l to 11 engine stations as shown on fig. 1

9.

anbient free stream
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Figure 1. - Schematlc diagram of two turbojet engines.
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(1-0) Ah&‘, Btu/1b

Specific work of cooled turbine,
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Figure 3. - Varlation of speclific work of cooled turbine with compressor

pressure ratio and turbine-inlet temperature.

ture, 708° R; adisbatic efficilency, 0.83.
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Figure 4. - Varistion of compressor-ocutlet temperature with pressure ratio.
Compressor-inlet tempersture, 708° R; adisbatic efficlency, 0.83.
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Combustor diffuser area ratio, 3.0j ratdo of oombustor imner radius to turbine outer radiua,

ref. 7 used.)

0.25.

Flgure 8. = Simltanscus solutions of sosbustar pressure ratio ralatioms.
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